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-'This paper describes the effects of manufacturing and service-induced damage on the
# static and fatigue strength of aircraft composite structures.

Seven manufacturing defects associated with mechanical fasteners were investigated;
out-of-round holes, broken fibers on the exit side of drilled holes, porosity, improper
fastener seating depth, tilted countersinks, interference fit, and multiple fastener
installation and removal cycles. Both static and fatigue est results are described, along
with correlation with analysis techniques. The interaetioof tbe effects of these defects
on hole wear, measured in fatigue testc of structural joints, is described.

The effects of two types of service-induced damage are also described; low energy
impact damage and 23mm HEI ballistic damage. The relative sizes of visible and non-visible
damage as determined by visual and non-destructive inspection techniques are compared. An
evaluation of stitching and the inclusion of glass or Kevlar fiber buffer strips to improve
the damage tolerance of carbon/epoxy structures is included. Results of tests of carbon/
epoxy panel structures are discuss d. Correlation of experimental results with predicted
residual static strength is good.

LIST OF SYMBOLS

C - compression

d - diameter

e - edge distance
Eb
Ea  - extensional modulus measured in the "a" direction due to "b" loading

ETW - elevated temperature test with prior specimen moisture conditioning

Fbru - ultimate failing bearing stress

G - shear modulus

LEID - low energy impact damage

N - number of fatigue cycles

NDI nondestructive inspection

Nxy - shear load intensity

Ncr - -shear load intensity at initial buckling
xy

R - fatigue load ratio; minimum load divided by maximum load

RT - room temperature

RTD - room temperature test with no specimen moisture ;onditioning

RTW - room temperature test with specimen moisture conditioning

T - tension

w - specimen width
a

C a - strain measured in the "a" direction due to "b" loading

eu - ultimate failing strain

AS/3501-6 (typ.) - material system nomenclature for ,ype AS carbon fibers in a 3501-6 epoxy
resin matrix

50/40/10 - laminate nomenclature in which the three numbers describe the percent of plies
oriented in the 0, +45" and 90" directions, respectively; i.e., 50% of total
number of plies are oriented in the 0 direction, 40% of the plies are oriented
in the +45 directions and 10% of the plies are oriented in the 90° direction.
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1. INTRODUCTION AND BACKGROUND

Future aircraft will require airframes that are lighter weight, easier to maintain and
more durable than current construction approaches and materials. The use of composite
materials in primary structures offers promise of significant weight savings, due to their
greater specific static strength and even larger improvement in fatigue strength. However,
proof of the ability of composite structures to be tolerant of both initial manufacturing
defects and damage induced by service usage was necessary before their application to
aircraft primary structures.

Programs to evaluate the damage tolerance of composite structures have been initiated
by sevaral different agencies under the Department of Defense. Each of these programs have
been directed towards a different aspect of the subject area; this paper summarizes some of
the work performed by the McDonnell Aircraft Company in each area.

The effect of manufacturing defects on the static and fatigue strength of laminates
with loaded and unloaded fastener holes was conducted in Reference (1) program and is
described in Section 2. The effect of low energy impact damage on composite structures was
included in several programs with the United States Navy (References 2, 3, and 4); the
results are described in Section 3. Finally, the effect of ballistic damage caused by 23
mm high-explosive projectiles conducted in conjunction with Reference (2) program is
described in Section 4.

2. MANUFACTURING DEFECTS AT FASTENER HOLES

The effects of several types of manufacturing defects commonly found in aircraft
structures were investigated under Reference (1) program. This investigation was performed
using laminates with loaded fastener holes, a common critical structural design feature in
aircraft composite structures. In many cases, tests were conducted with specimens in which
the defect or anomaly was more severe than expected from current manufacturing processes.
In all cases, defects which resulted in s~renqth reductions greater than 15% would have
been detected using current industry inspection techniques and would have been rejected or
repaired to meet current acceptance criteria.

Tests were performed to determine the effects on static strength, compared to baseline
specimens, and the effects on fatigue strength and hole wear.

(a) Static Strength - The effect of seven manufacturing defects on static strength
was evaluate y comparing static strength of joints with a particular defect with the
static strength of baseline joint specimens with no defect. The test matrix is presented
in Figure 1.

Number of Tests
Per Environment Total

Anomaly Specimen
RI (Ory) RT (Wet) ET (Wet Tests
Tension Compression Comoression

I Out of Round Holes

"1" Lnnate (50/40/10) 4 - 4

"2" Ldminate (30/60/10) 4 -- 4

2 droken Fibers on Exit Side of Hole
Severe Delamination 4 4 4 12
Moderate Delamination 4 4 4 12

3 Porosity around hole
Severe Porosity 4 2,2 J1 4 12
Moderate Porosity - 2.2 1 4 8

4 Improper Fastener Seating Depth
80% of Thickness 4 - - 4

100% of TI ickness 4 - - 4

5 Tilted Countersinks
Away from Bearing Surface 4 - 4 8
Tov.ard Bearing Surface 4 - 4 8

6 Interference Fit Layup

0 003 in. 1 4 4/Z 8
2 4 4 8

0.008 In 1 4 - 4 8

2 4 - 4 8

7 Fatener Removal and Reinstallation
1uJ Cycles 4 - 4 8

Total 116

After freezet hw cycng A T.nsicn tess f
Figure 1. Evaluation.ol Manufa-turing Anomalies • Test Matrix
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Specimens were tested to failure in tension and compression at three environmental
conditions: room temperature dry (RTD), room temperature wet (RTW), and elevated temperd-
ture wet (ETW). ETW tests were conducted at. 250*F with specimen moisture contents of
approximately .80 percent by weight. Hercules AS/3501-6 carbon/epoxy was used for fabrica-
tion of test specimens.

Results from tests are summarized in Figure 2. Indicated percentages of increased or
decreased strength are based on a comparison with baseline specimens. Detailed results are
discussed below.

RTD COMPRESSION
TENSION RT L ] 250OF A

OUT-OFROUND HOLES
i 50/40/10 LAMINATE - -
i 30/60/10 LAMINATE -4.8 - -

BROKEN FIBERS EXIT SIDE OF HoLE
i SEVERE -7.3 -8.4 -9.2
i MODERATE -1.4 -3.2 -4.2

POROSITY AROUND HOLE
i SEVERE -10.3 -30.8
i SEVERE WITH FREEZE-THAW - -11.6 -
" MODERATE - -7.1 -13.3
" MODERATE WITH FREEZE-THAW - -8.4 -

IMPROPER FASTENER SEATING DEPTH
* 80% THICKNESS -16.4 - -
* 100% THICKNESS -34.3 - -

TILTED COUNTERSINKS
o AWAY FROM BEARING SURFACE " - -16.7
9 TOWARD BEARING SURFACE -21.4 - -16.7

INTERFERENCE FIT TOLERANCES (INCH)
i 50/40/10@0.003

@ 0.008 - +;1
* 30/60/10 @0.003@ 0.008

FASTENER REMOVAL AND REINSCALLATION
i 100 CYCLES* - -8.3

A 0 86% moisture content A Tensile loading "Less than 2% change - No test

Figure 2. Strength Reduction Summary

Out of Round Holes - Effects of out-of-round holes on joint strength were evaluated by
drilling offset (.004 inch) holes as shown in Figure 3. Test results of specimens
from two laminates (50/40/10 and 30/60/10, where %0plies/%_+45*plies/%90"plies are
denoted in that order) indicated little sensitivity to out-of-rouna holes.

Broken Fibers on Exit Side of Hole - Specimens were tested for two conditions;
"moderate" delaminations and "severe" delaminations. In order to obtain the various
degrees of delamination, drill procedures included use of dull bits without backup
material, and improper drill and feed speeds.

,..--- 000-- 0 150-

Not ............ in inchts T
Figure 3. Out.of.Round HoWes • Specimen

Delaminations were detected visually and with ultrasonic C-scan. Delaminations were
defined as "moderate" when they extended 10-20 percent (2-4 plies deep) into the lami-
nate thickness on the exit side. Delaminations were defined as "severe" when they
extended 20-30 percent (4-6 plies) of the laminate thickness on the exit side. Non-
destructive C-scans in the area of the fastener holes with moderate and with severe
delaminations are illustrated in Figure 4 and compared with a nominal condition.
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1 00 0.75 1.00 0.75

Delamnai Deiamlnation
-Exit Side wDthin the Last Ext Side within the Last

of Holes 10- 20% of of Holes 20- 30% of
Thickness Thickness .

Ali- 1j:

Nominal Broken Fibers Broken Fibers
Condition Moderate Severe

Delamination Delamination

Figure 4. C.Scans c;! Laminates with Delaminations at Fastener Ho!es

Joint tension strength was evaluated by tests of dry laminates at room temperature.
Because of its sensitivity to environment, joint compression strengths were evaluated
at RTW and ETW test conditions.

Test results are summarized in Figure 5 along with beseline strength data. Strength
reductions of 1.4 percent and 7.3 percent occurred in RTD tension tests for specimens
with moderate and sevare delaminations, respectively. Severe delaminations caused a
9.2% reduction of compression strength at 250*F.

d=0.250

P'total P2 P1

EXgross 4d 3d

Baseline Data Specimens with %
DelamInations ChangeTest Condition -. -- Loin

(50140110 Layup) Fi" E- Fbru 11 Loading
2 rots X2  'es Fb u  

tos
(ksl) (91n./ln.) (ksl) 1(pin./In.)

Moderate

RTD + 140 +3,990 + 138 +3,790 -14 -4.9 Ten
RTW -155 -4,740 -150 -4.450 -32 -6.2 Camp
ETW -120 -3,790 -115 -3,810 -4.2 "0 6 Comp

Severe

RTD + 140 +3,990 + 130 +3,610 -7.3 -95 Ten
RTW -155 -4,740 -142 -4,580 -8.4 --3.5 Comp
ETW -120 -3,790 -109 -3,330 -92 -122 Camp

ePa3eiI S

Figure 5. Effect of Delamilnations on Joint Strength

Porosity Two levels of porosity were evaluated; "moderate" and "severe". Desired
levels of porosity in the 50/40/10 laminate were obtained by using the altered colla-
tion and curing procedures summarized in Figure 6. Specimens were located within
panels such that fastener holes occurred in areas of desired porosity levels as indi-
cated by photomicrograph and nondestructive inspections (Figure 7).
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Process Used for Process Used to Produce
Curing Procedure Good Panels Moderate Porosity Severe Porosity

Vacuum Debulk Yes None None

Intermediate Temperature Hold 1 hr @ 275'F None None

Bag Vacuum 0.05 in. hg 0.8 in Hg 15 In Hg

Auto:lave Pressure 100 pslg 50 psig 50 pslo
r Added Moisture None Every 7th Ply Evary Ply

A Fie mist 3prSytd between plies OP 111I2

Figure 6. Panel Fabrication Procedures Used to Produce P" ne Porosity

C-Scan r- -(a) Moderate Porosity
Region 0Il Ii;( !

oi

(b) Severe Porosity

Figure 7. Examples of Panel Porosity

Strengths of base)iie specimens and specimens with porosity are comparei in Figure 8.
Little sensitivity to severe porosity was indicated under tensile loa.ing. Under
compressive loaeings, strength reductions ranged from 7-13.3 percent for specimens
wit' moderate porosity and 10-30.8 percent for specimens with severe porosity. The
greatest reductions occurred at 250*F test condition.

Improper Fastener Seating Depth - Effects of excessive countersink depth on jont
strength were evaluated by testing composite joint members having fasteners seated to')
deeply in a typical laminate (50/40/10). Two conditions of countersink depth were
evaluated at room temperature in tension.

Strengths are compared with baseline strengths in Figure 9. Strengths for joints with
excessive countersink depths (80% and 100%) are compared with strength of specimens
with nominal countersunk depths (52% of laminate thickness). Joint sirengths for
countersink versus noncountersink laminates Indicated no significant reductions
occurred when fastener seating depth was nominal. The relative amount of cylindrical
bearing area as compared to countersink bearing area may account for the demonstrated
loss in strength. Earlier tests have indicated that the maximum cylindrical bearing
capacity is nearly 160 ksi for large edge distances. An analysis of the forces in the
region of the countersink 3ndicates an effective bearing capacity of 110 ksi, when
friction is accounted for and when sufficient head bearing area still remains. Using
these capacities results in predicted reductions of 14% and 30%, to be compared with
the demonstrated reductions of 16.4% and 34.3%, respectively.
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Ptotal d 0 0250-\ _

EXgross 4d 3d

Baseline Data Specimens with % -. 7
Tea Coditon _____ _____ Porosity Change

(50140/10 Layup) Fre 1e -- Foaiu

__________ (xsl) Wpniln.) kiIWnn.

I Moderate Porosity
RTO +140 +3,990 - - - - Ten
RTW -155 -4,740 -144 -4,480 - 7.1 -5.4 Comp
RTW (FT) Al -155 -4,740 -142 -4,370 -8.4 -7.9 Comp
ETW -120 -3,790 -104 -3,110 -13.3 -17.9 Comp

4 Severe PorosityI
RTD +140 +3,990 + 140 +3j,940 j0 -1.2 Ten
RTW -155 -4,740 -139 - 4,170 -103 -12.1 Camp
RTW (FT) A -155 -4,740 -137 -4,110 j-116 -13.3 Camp
ETW -120 -3,790 -83 -2,550 j-308 -326 Camp

Ai.(F-TI - exosed to fre#Ze th~w CYCleS 05541t74

Figure 8. Effect of Porosity on Joint Strength

fLxs 4d 3d

Countersink Depth I bru U % %Changel
(50140/10 Lay~ip) IX Xarossa

FiTO, Tension (ksl) (julnln.) FbruJj~rssJ

Nominal 140 3,990
80% 117 3,240 J-16.4 -188j
100% (KnifeEdge)192 2,540 -343 -.i~33

On2"117 S

Figure 9. Effect of Countersink Depth on Joint Strength

Tilted Coinrtersinks -Countersinl- perpendi,,ularity was investigated for two conditions
of is iinmen- The misali-gned colaxtersink was tilted l0* away from the bearing
surface foz one c'onditica and tilted 10* toward it for the other. Tests were con-
ducted in tension at RTD aend In compressioi. at 250*F after specimen moisture condition-
ing. Exper.4men'ai rpu! are summarized in Figure 10.

Interference FL. - Vie effects of fastener interference t,.ts on joint strength were
investigated ini two different laminates (50/40/10 &nd 30/60/10). Two-fastener-in-
tandem specimens were tested to failure in tension at RTD and ETW conditions.
Specimens with both .003 and .008 inch levels of interference fit were tested.

Results (Figure 11) for both layups indicate an in'sensitivity to interference at room
temperature. Joint strength of 'he more fiber-dominant 50/40/10 layup improved under
ETW conditions for both levels of interference. However, joint strengths of the
-matrix-dominant 30/60/10 layup showed no change at the ETW test condition.
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d =0250

Xgross 4d 3d

%

Baseline Data Tilted Countersink Change
Test Condition ---- T Loading
(5140110 LayP) FrU u FbrU u

(2 XGro ss  x2 1 XGross Fbru (Gross
(ksi J (pin./In (kW)i (pin./in)

Away From Bearing
RTD +140 +3,990 +4 +3.910 0 -2.0 Ten

ETW -120 -3,750 -100 -2.990 - 16.7 -20.2 Comp

Toward Bearing,

RTD +140 +3,990 +110 +3.030 -21.4 -24 Ten
Env -120 -3,750 -100 -2,898 -167 -22.7 Comp

Figure 10. Effect of Tilted Countersink on Joint Strength

d 0 0250\

total 2  p- -e-e /

X gross  4d 3d

BaselIne Date Inlerfarenc. Fit C

Test Condition FbrU u F b,2u eu L.oadlng
x2 XGrosS x2 xGross F

b u  
cGrous

(ks,) f, uinin., (ksi (.uin.Jin.} __"_

50/40/10 LayuO 0 003 Interference

RTD 140 3,990 140 4,000 0 +04 Ten
ETW 1t0 3,G80 120 3.530 +91 +147 Ten

0.008 Interference

RTD 140 3,990 140 4,030 0 +09 Ten
ETW 110 3,080 120 I 'A.2C . +11.2 T n

3,X./ IQ Layup 0 003 Interference

RTD 140 5,470 140 1 5.460 0 -0.2 Ten
ETW 120 4,710 120 4,820 0 +2.4 Ten

0 008 Interference
RTD 140 5,470 140 5,490 0 +0.3 Ten

ETW 120 4,710 1 120 4.620 0 -1.8 Ten

Figure 11. Effect of Fastener Interference Fit on Joint Strength

Laminate damage due to fastener installation at interference fits ranging from .002 to
.008 inch were further evaluated for fasteners requiring pull-through installation
techniques. Representative photomicrographs are shown in Figure 12. Little or no
damage resulted from a fastener interference of .0035 inch or less; however, damage is
indicated at the fastener exit side as well as along the entire fastener length for
interference fits from .004 through .008 inch.

Fastener Removal and Reinstallation - These tests were used to evaluate whether
repeated installation and reinstallation would locally damage the laminate hole area,
and/or affe-t joint strength. Fasteners were installed, torqued to 50 inch-pounds,
and completely removed. This procedure was repeated 100 times prior to strength
testing. Specimens were tested to failure in tension at RTD and in compression at
ETW.



19-8

- A

-- A Exit SideI
Picture Area

Interference Fits: avp"cal) View A.A

00010 in. 0.0034 in. 0.0075 In

Exit Side 7

Figure 12. Photomicrograph Examination of Laminates with
interference Fit Holes

Visual appearance of all fastener holes after installation and re-installation
cycling was unchanged. Strength data listed in Figure 13 indicates little
sensitivity to RTD tensile test condiions. Compressive strength values indicated an
increased sensitivity (8.3% reduction); however, test scatter for the comprussion
tests was large.

(b) Fatigue Strength and Hole Wear - Tests were conducted with specimens with and
without internal porosity to determine the effects on joint fatigue life, hole wear, and
failure modes. Emphasis was placed on generation of hole wear data and its relation to
joint fatigue life.

After 100 Cycles %
Baseline Data Fastener Installation Change

Test Condition . u F ' br' Loading
(50140110 Layep) Fb 2 Fxos fo di

u2  Aewss X2  %g ts F"' Ers
(ksi) (ptn.Iin.) (kst) Wridin.)

RTO +140 +3,990 +140 +3,900 0 -2.2 Ten

ETW -120 -3,790 -110 -3,510 of-8.3 -7.4 Comp

Figure 13. Effect of Fastener Removal and Reinstallation on Joint Strength
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A pure bearing test specimen was used (Figure 14). Tension-tension (R = 10.1) and
tension-compression (R = -1.0) constant amplitude testing was performed at room temp-
erature with specimens in the as-manufactured condition. Hercules AS/3501-b carbon/epoxy
was also used for fabrication of all fatigue and hole wear test specimens.

7M0

o"* Strain Gage

-- +) - 2.25

_ _ _ I__ _t

0 3745 + 0 0022
-0.3m0 I

Load Load
Bloc Block

Protruding Head Countersink Head

Loading Configuration 0311 .6

Figure 14. Fatigue Specimen Conflgura lon

All constant-amplitude fatigue specimens were cycled to failure, or 10b cycles, which-
ever occurred first. Specimens which did not fail in 106 cycles were tested to determine
residual strength. Constant amplitude fatigue testing was performed at thiee stress
levels for each specimen type. Selection of the stress levels for fatigue testing was
based on load-deflection data obtained from static tests. During fatigue testing,
load-deflection data were also obtained each time a specified hole wear level was reached.

The evaluation included three la~ups; the fiber-dominated layup 50/40/10, and two
matrix-dominated layups: 19/76/5 and 30/60/10.

Residual strengths were, in general, equal to or greater than nonfatigued specimen
static strengths; however, in most cases, these specimens had acquired hole wear of .02
inch or greater during fatigue testing. For structural applications, hole elongations of
.02 inch e:xceed the usual yield criteria for metallic joints which may also represent a
tentative criteria for composite joints.

Results of tension-tension (R = +0.1) and tension-compression (R = -1.0) cyclic
loading on each laminate at room temperature, dry (RTD) test conditions are summarized in
Figures 15, 16, and 17, in terms of fatigue cycles required to produce an 0.02 inch hole
wear in the fastener hole. The results indicate similar static and fatigue strength for
all layups for tension-tension (R = +0.1) cycling, as summarized in Figure 18. For
tension-compression (R = -1.0), the 19/76/5 and 30/bO/l matrix-dominant layups sustained
fewer load cycles prior to developing an .02 inch hole wear, as compared to the 50/40/10
layup (Figure 19).

Tests of specimens with moderate porosity were conducted to evaluate the effects of
this anomaly on joint durability. Zarlier static tests indicated that moderate levels of
porosity had a minor effect on static joint strength at room temperature. Specimens with
moderate porosity in regions of fastener holes were tested under R = +0.1 and R = -1.0
fatigue loadings at room temperature dry conditions. Life data is compared in Figure 2U
with baseline data. No reduction of static strength or joint fatigue life was indicated.

The rate of hole wear in other tests of composite joints without porosity at R = +0.1
is summarized in Figures 21, 22, and 23 for three levels of wear (.0o5, .010, and .020
inch). These data indicate that the matrix-dominant 19/76/5 layup exhibited earliest
initiation of hole wear, but had the most gradual rate of iccumulation. Conversely, the
fiber-dominant (50/40/10) layup exhibited the most-delayed initiation of hole wear, but
had the most rapid accumulation. The 30/60/10 layup exhibited an intermediate
performance.

The spring rates of the test specimens for the 50/40/10 layup were also determined at
various tires in the constant amplitude fatigue testing to determine correlation with hole
wear data. Hole wear data for this layup at RTD, shown in Figure 24 are similar in
threshold points and trends to jcint spring rate data summarized in Figure 25.
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100

102 = -R 10
"

40 -0 1411 375-

P p 6d

20 0 n-Ib Torque.Up [.-
Double Shear 3d

t0l 1 1 1 I I II l I I I1 I I I

I 101 102 103 q4 105 10
6  

107

N -Cycles to 0 02 In. Hole Wer OPMo1i7 12

Figure 15. RTD Baseline Joint Fatigue Life
50140/10 Laynp

100 ____

S0. OR Io-80

0 a

I 0.375- _ _ ,._

_L _ 40____

20 0 n.-b Torque-Up [ --
Double Shear 3d

1 101 102 103 10 105 106 107

N - Cycles to 0 02 In. Hole Wear --" . I.

Figure 16. RTD Baseline Joint Fatigue Life
310/06/au

4d 0375-\ R

20 - Otin,.lb Torque-Up

Double Shear 3d

0 , I ,II I I I I

1 101 112 103 104 105 106 107

N - Cycles to 0.02 In. Hole Wear o =,

Figure 17. RTD Baseline Joint Fatigue Lifo

19r615 Layup
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100

/3060110 Laup

1Z/6/ Lavup

S40 - ___

Ii 6d
20 0 n-lb Torque Up W -

DoubleShear 3

1 1 10 10 
3  104 105 io6 10

N -Cycles toO 0O0 In. Hole Wear

Figure 19. Comparison of R + -10 Joint Fatigue Life

0-

20- n.-lb TorqueUp ..]d..
DoubleShear 3

1 101 102 1
3  

10 105 10 6

N - Cycles 0.02 In Hole Wear as~~

Figure .Compriso of Rst 1.n Joint Fatigue Life
120010Lau

R= +0.1
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100

80 0.020 in.

Hole Wear= 0 005 In
~0010 in.

-
/

o40 - d 0 0375"

20

1 11 102 103 104 105 106 107
N - Cycles aGl-o571is

Figure 21. Hole Wear Under Fatigue Le!ding
50/40110 Layup

100

80/0.21i

60 N.
Hole Wear=0005 in.

~0010 InJ

40 d 0 37-\

Q. _
P _ 6d

20 --.

0 in -lb Torque-Up w
Double-Shear 3d

1 101 102 103 104 105  106 107
N - Cycles apmil?4

Figure 22. Hole Wear Under Fatigue Loading
30160110 Layup

10

1 0010 In,

F 6 0

SnHole Wedr0O005 In.
/

c 40-

0 in -lb Torque-Up
Double-Shear 3d

0 1 1 1 I 1 1 1 1 1 1 1 1 1 1 1 1 1 1 ! I t I I I I I I I 1 I

1 101 102 103 104 105 106 107
N -Cycles is

Figure 23. Hole Wear Under Fatigue Loading
1917615 Layup
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0.05 .

004 1
Peak Bearing Stress 82.1 ksi 70.6 ks, 64.2 ks!

C _ _.03 _- , A

dr075 rn

6£002 r7_ j PJ d

0 0 0 1

oo i '

101 102  103  104  105  106  t07
N C Cycles

Figure 24. Effect of R = + 0.1 Loading on Hole Wear
50/40/10 Layup

50o

400

.r,300

Peak Bearing Stress (ks) - 82.1 ksi 70.6 ks G. 2 R."

p 200 _

100- Double.Shear -

0 n.-Ib Torque.Un 3d

0 1 1 11 1 1 11 1 1 1 1I I III ' | I I - I | I 1 11 1 |L

I 
t  

10
2  

10
3  

10 
4  

10 10
6  

10
7

N Cycles esseur.,e

Figure 25. Effect of Fatigue Loading on Joint Spring Rate
50140/10 Layup R= +0.1

3. LOW ENERGY IMPACT DAMAGE

The effect of low energy impact damage on the static and fatigue strength of carbon/
epoxy wing cover skin structures and of integrally stiffened panels typical of postbuckling
fuselage structures was evaluated.

(a) wing Cover Skin Structural Panels - Effects of low-energy impact to an upper wing-
skin were evaluated in static compression and fatigue tests (Reference 2). Specimens incor-
porated spanwise rows of Kevlar stitches simulating the patterns proposed for reinforcing
cocured skin-to-stiffener joints.

The specimen configuration is presented in Figure 26. Various inr--'t energies were
evaluated to determine the energy level representing the threshold be%.-.aen visible and
nonvisible impact damage. A .50-inch diameter indenter was used while specimens were
supported over a 3-by-3-inch opening. An 8-ft-lb energy level was determined to be the
minimum level to produce visible surface damage. The 8 ft-lb energy level was also
considered to be representative of expected damage from dropped tools and damage from
runway stones. Resulting internal damage detected in ultrasonic inspection of the four
specimens ranged from 1.2-inch to 1.5-inch diameter.
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o 0 - - - 0 0
o 0 - -0 0

Target for Impact-..+ 
11.00

o o ---- -- 0 0
2.75

o o - 0 0

3000

AS/3502 (00052 in /cured ply) larninte Layu is t:45, 02,90,

(±45, 02l3. 145, 901 . Laminate is pproxirately 0 208 in thick

j Kerls stitches were installed t 46 stiltches per in

Titanium tabs were bonded to each end of specirtoen

4 gmensions are in inches

Figure 26. Specimen Configuration -Skins with Nonvisibie impact Damage

The setup for these compression tests is shown in Figure 27. Each end of the specimen
was bolted to a loading adapter which fit within hydraulic grips in the upper and lower
platens of the test machine. Back-to-back channels having access holes for instrumentation
were clamped onto the specimen for skin stabilization. The area between the two central
rows of stitches in the specimen contained the damage and was not stabilized by the
channels. The column composed of the specimen with loadingj adapters on each end was
supported at two locations by additional fixturing which was attached to the test machine.
Strain data from back-to-back gages on the specimen indicated little bending. Measured
strains in the stabilizing channels were negligible.

t0

Sin Stabilization Cou nStabilization

Figure 27. Structural Test Setup . Compressive Strength
of Damaged Specimens
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Results of static compression tests indicated that stitches were not sufficient to
prevent damage propagation and overall failure at strain levels above -4500 1 in/in. Strain
data indicate local bending in the damaged area at low loads, possibly contributing to the
failures.

A fatigue test of the remaining specimen was conducted to assess damage containment
features of the stitch pattern. A compression-dominated spectrum was used. Damage
detected in ultrasonic inspection was initially 1.6-inch long and 1.4-inch wide but grew to
1.7-inch long and 2.7-inch wide after 24,000 equivalent flight hours of spectrum loading.
For the one specimen tested at the reduced strain level, damage was contained by parallel
rows of stitches which were spaced at 2.75 in. In residual strength tests of this
specimen, the far-field strain at failure was -4200 1 in/in.

These test results are summarized in Figure 28 in terms of far-field failure strains
as a function of damage sizes detected in ultrasonic inspections. Test results for coupons
with a .25-indh diameter hole are also shown in Figure 28. The predicted strengths,
presented as a solid line, were determined using the methodology of Reference 1 and the
material properties shown in Figure 29. These predictions correlate well with test results
for specimens having a .25-inch diameter hole. Predictions for specimens containing impact
damage were made for damage modeled as open round holes.
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Test Results g [ WiH @" , Width '-

=.-8,000 -

Predicted Strength
"/ for Open HolesLi.

As-Fabricated
Static Strength A A A A

-4,000 of Damaged IResiduat.
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Damage Growth[ from Cyclic " "

Loads

01
0 2 3

Damage Width Detected by Ultrasonics -in

I I I I I I

0 1 2 3 4 5 6 7 8
Damage Width Detected by Ultrasonics -cm aPMs-tii

Figure 26. Residual Strongth of Specimens with Nonvisible Impact Damage
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Figure 29. Composite Material Properties
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Test results indicate that impact damage produced an effective strain concentration
greater in magnitude than a round hole of equivalent size. Strengths predicted for an

equivalent hole size were unconservative by approximately 30%, possibly due to local struc-
tural instability of delaminate plies within the damaged zone.

Test results are summarized in Figure 30, where strain data are shown for a nominal
applied load of -20,000 lbs, the limit load level used for the fatisue test, and the

fail ire load levels. Sizes of nonvisible impact damage were determined by ultrasonics and
are also shown in this figure. A typical strength failure is shown in Figure 31. No
fatigue failure occurred in four design lifetimes of -pectrum fatigue loads.
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Figure 31. Typical Failed Skin Specimen

(b) Integrally Stiffened Postbu'kling Fuselage Panels - The effects of low energy
impact on the structural integrity of two types of fuselage panels were evaluated:
fuselage compression panels and fuselage shear panels.

Fuselage Compression Panels - Teqts were performed to evaluate the effectiveness of
Kevlar stitches for containing nonvisible low-energy impact damage in cocured skin-
stiffener joints of buckled composite panels loaded in compression. Such damage
nucleates dis) ts which grow under cyclic loads and lead to panel f.'lurc. One
method for containing disbonds and improving the durability of skin stiffener joints
is to reinforce such joints with Kevlar stitches.

The baseline behavior of curved stiffened panels under comprecsc-n p Lbuckling loads
was determined in a previous test program (Reference 3). Fatigue failures were
precipitated by local disbonds occurring in undamaged skin-stiffener joints.

Cyclic load tests were conducted on a curved stiffened panel identical to those
previously tested except that each cocured joint was reinforced with two rows of
Kevlar stitches. Low energy impacts were made to produce internal damage in two areas
of high peel stress areas (Figure 32) where disbonds had occurred in the earlier
cyclic load panel tests (Reference 3). The damage shown in Figure 32 (white areas of
C-scan) was produced by a spherical indenter with 10 ft-lb impact energy.

Disbonds were detected and growth was monitored by periodic ultrasonic inspections.
C-scan inspection records for the center stiffener of a baseline panel (3F) are shown
in Figure 33, where sound attenuation occurring from disbonds and from air trapped
within hat stiffeners is indicated by a black area. Disbonds in baseline panels
initiated and grew from the base of the flange with increasing load cycles. An identi-
cal panel with stitching survived 1,000.000 cycles and showed only minor evidence of
disbonding.

The damage containment capability of Kevlar stitches was significant. An unstitched,
undamaged baseline panel suffered failuz'e after 3,tUQ load cycles where the peak load
was -55 kips. A stitched, undamaged panel was cyclically loaded without faxlure for
280,000 cycles to -50 kips followed by an additional 280,000 cycles to -55 k-ps. This
test sequence using a stitched, damaged panel was repeated; again the reinforced panel
aurvived both groups of 280,000 load cycles. In addition, ultrasonic inspections
conducted after each block of 140,000 cycles indicated good containment of the impact
damage with no disbond growth. Reinforcement with Kevlar stitches was, in this case,
an effective means of assuring durability of cocured joints having nonvisible impact
damage.

Fuselage Shear Panels - Tests were also performed to determine the effect of low
energy impact damage on the static and fatigue strength of integrally stiffened shear-
loaded panels operating in the postb~ckling regime (Reference 4). The as-manufactured
ultimate strength of the baseline test pane] was 829 lb/in. A typical panel under
postbuckling loads is shown in Figure 34. Maximum mid-panel lateral deflection for
the static panels was in order of 0.2 inches.
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Figure 32. Damage Containment In Stitched Skin-to.Stiffener Joints
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Figure 34. Buckled Shear Panel

The panel configuration and the locations of low energy impact damage is shown in
Figure 35. An impact apparatus was designed with the capability of impacting the
panels from either side. A slotted metal impact tube was used to direct the impact
weight to the desired impact point. The 1/2 inch diameter round ball impact tool,
Figure 36, rests against the panel and is centered inside the impact tube by a tool
guide. All damaged panels were impacted on the skin side.

Panels were first impacted in the center bay using decreasing energy levels starting
at 10 ft-lbs. The threshold level at which full penetration was achieved was in the
range of 4.0 to 4.5 ft-lbs. Impact energy levels up to 4.0 ft-lbs have been estimated
for fuselage lowei surface for foreign object damage such as ice and gravel impacts
during landing and take-off situations and for fuselage vertical sides and corners for
ground handling impacts from hard objects such as tools (Reference 5).
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Figure 35. Shear Panel Configuration and Impact Damage Locations
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Figure 36. Impacting Tool and Guide

A test panel after being subjected to multiple strikes in the range of 4.0 to 4.5
ft-lbs is shown in Figure 37. It was observed that while damage on the skin outer
surface appeared different at different energy levels, the damage on the inner
surface, in t, i form of delamination of the outer +45* ply, was similar for all
strikes. A se-cond imr'.,ted panel showed similar behavior.

Enhanced radiographic inspections of the strikes at 4.25 and 4.3 ft-lbs are shown in
Figure 38. An energy level of 4.30 ft-lbs was adequate to achieve broken fibers
across full 1/2 inch diameter. Internal damage wis diamond shaped, probably due to 0,
+45, 90 ply orientations. Through-the-thickness damage as indicated by radiographic
inspection was similar for both energy levels, although visual appearances were
different. Delamination on the inner surface of the skin (stiffener side) in the
outer +45* ply extended to the adjacent hat flange (both sides).

Five additional panels were damaged using an energy level of 4.30 ft-lbs. Three
panels were impacted at a buckle crest location in the center bay of the panel. The
remaining two panels were impacted at a location where failures occurred during
fatigue loading of the baseline panels. These impact locations are shown in
Figure 35. All panels were impacted on the skin side.

Of the three panels impacted in the center bay, one panel was statically tested to
failure; the remaining two panels were fatigue tested at a load level to preclude
stiffener disbonding. The two panels impacted at the critical stiffener/skin inter-
face region were fatigue tested to a load which produced stiffener disbonding in the
baseline panels.

The damage sustained by the panel for static testing which was subjected to a center
bay impact of 4.30 ft-lb is shown in Figure 39. The radiograph of this area is shown
in Figure 40. The degree and type of damage was similar to that obtained in the
exploratory tests.

Initial buckling for the impacted panel occurred at 104 lb/in and panel static failure
occurred at 771 lb/in, comparel to an average of 829 lb/in for the undamaged static
test panels. Strain data was similar to data obtained in tests of undamaged panels;
however, the maximum strain magnitudes achieved were less due to the lower failing
load. This panel feiled across the tension diagonal through the impacted region,
preceded by stiffener separation similar to baseline static test panels.

The two fatigue test panels which were subjected to center bay impact damage were
tested to a maximum fatigue load of 50% of ultimate strength (Nxym a x = 415 lb/in).
Previous tests showed this level to be the endurance limit of the as-manufactured
panels.



(a) Skin Side

(b) Stiffener Side

Figure 37. Impact Damiage Investigation
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Figure 40. Radiographic Inspection of Impact Damage
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All panels were sub3ected to constant amplitude fatigue loading at a stress ratio R =
0.1 for two blocks of 50,000 cycles each for a total of 100,000 cycles or failure,
whichever occurred first. Strain surveys were taken prior to testing, and after each
block of cycling to determine the effect of fatigue on panel performance. Panels
surviving 100,000 cycles were subjected to a residual strength test. A summary of all
fatigue results is presented in Figure 41 and in Figure 42.

Nv I max 1 [ Cycles N 1 Nxy ResidualN1 , Static xy 
m ax 

:T8 Cyces 'y' xy X tti

Panel 1 Strength Xatg xyi to Cy , so ooo 000 Comments
I M Visual Completed Cycet Cyle Strength C e

(lb/in.) (lbtin.) (Ny)avg Disbonding (ln
xy abhn) n.)

1 98 851 - 1 1 - - AMnuacturt

2 80 797 1 1 - - Static Test
Panels

3 93 838 1 1 - a
4 97 - 580 569 2.100 94,700 -

5 102 580 569 1,000 50,000 - -

6 96 - 580 569 1.200 50,000 - -- 849

7 991..- 497 48 7500 50,000 38 As4anufactured

8 108 - 497 487 3,000 50,000 48 - - Fatigue Test

9 112 - 415 407 100,000+ 100,000 112 11" 947 Panels

10 77 - 415 407 100,000+ 100,000 30 30 973

11 135 - 456 447 33,000 100,000 114 90 860

12 78 - 456 447 4.500 100,000 48 48 890

13 104 754 - - 1 - Impact Damage

14 102 - 415 407 100,000* 100.000 102 98 858 CeSter Bay SkinS Static Panel-[

15 124 - 415 407 3 00 A -  100,000 73 65 778 2 Fatigue Parels

16 115 456 447 950 (00,000 63 54 91 Impact Damage
918 Blade Flange/Skn

17 120 456 447 2,300 100,000 77 i 77 861 2 Fatigue Panels

-Vsal dibond ." not obmrvd alt, 100,000 cycles 1s

A Poroity noted prior io tent
Figure 41. Summary of Test Results
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Figure 42. Panel Fatigue Performance

The impact damage sustained by the first fatigue test panel was similar to that
observed both in the exploratory tests and in the static test panel. This panel
survived 100,000 cycles with no visible stiffener separation or significant decrease
in initial buckling strength observed. Radiographic inspections of the impact region
prior to fatigue testing, after 50,000 cycles, and after 100,000 cycles are shown in
Figures 43, 44, and 45 respectively. The damaged region did not grow during fatigue
loading. Residual strength foz the panel was 778 lb/in with sheet rupture occurring
across the tension diagonal through the impacted region similar to that observed for
the static test panel.
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Figure 43. Radiographic Inspection of Initial Impact Damage
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Figure 45. Radiographic Inspect ion of Impact Damage After 100,000 Cycles

Two other panels were impacted at the critical frame flange/skin location and
subsequently fatigue tested. These panels were tested to a maximum fatigue load of
55% of ultimate strength to assure frame flange/skin separation. Both panels survived
100,000 cycles with visible stiffener separation occurring at the impact location at
950 and 2300 cycles respectively. Baseline panels tested to this level separated at
4500 and 33,000 cycles, respectively.

The frame flange/skin separation in the impacted region became extensive for both
panels during the first 50,000 cycles. The frame flange along the impacted side of
the center bay became nearly totally separated from the skin, causing a shift in the
center bay buckling mode. Mid-panel strain response, Figure 46, indicated that the
majority of separation occurred during the first 50,000 cycles causing a shift in
buckling mode as indicated by the change in strain data for cycles 50,000 and 100,000.
Buckling strengths of 115, 63, and 53 lb/in prior to fatigue testing and after 50,000
and 100,000 cycles, respectively, also indicate that the majority of damage occurred
during the first 50,000 cycles. Residual strengths for both impacted panels was
greater than the baseline panels, with sheet rupture across the tension diagonal.

4. BALL iTIC DAMAGE

Tests and analyses were performed to evaluate the effects of damage from impact of 23
mm high-explosive ballistic projectiles on the residual strength of composite structure
incorporating various damage containment teatures. Various test setups were used to
simulate air-to-air and ground-to-air ballistic threats to upper and lower wing skins.
Good correlation was obtained between measured residual strengths and predictions made
using the maximum strain failure criterion in conjunction with peak strains calculated
about a hole in an orthotropic plate.

Carbon/epoxy specimens representative of monolithic wing skins and, for comparison, an
aluminum specimen were damaged using 23 mm IfEI projectiles. ill specimens were flat,
unstiffened plates.

Three damage containment features were incorporated in some composite specimens and
evaluated relative to the performance of baseline composite specimens. These features,
Figure 47, included parallel rows of Kevlar stitches, closely-spaced parallel rows of
imbedded glass/epoxy buffer strips, and wider-spaced parallel rows of wide glass/epoxy
buffer strips.

The stitched specimens utilized Kevlar thread having a breaking strength of 120 lbs
and installed at four to six stitches per inch. Improved durability and damage containment
were previously demonstrated in structures where cocured skin-to-substructure joints were
reinforced with Kevldr stitches. In the specimens which incorporated glass/epoxy buffer
strips, the 0" plies of graphite/epoxy were locally replaced, through the thickness, with
0* plies of glass/epoxy on either 3.5 inch centers or 13.5 inch centers.
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Bseline Panel Configuration
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Figure 47. Ballistic Test SpocImens

The test setup is shown in Figure 46. Projectile velociti, , measured with photo-
electric screens, ranged from 1773 fps to 1891 fps. The 23 m projectile available for use
in this program incorporated a "quick fuze" which was armed by inertial forces and,
although triggered upon initial impact, featured a delay to allow 2-3 inch penetration
prior to detonation. In this setup, the performance with a "superquick" fuze
(instantaneous detonation) was simulated by positioning a striker plate in front of the
specimen. Specimens were positionee normal to the trajectory. A water tank with deflector
plate was used to capture fragments.

Damage from ballistic impact, Figure 49, ranged from a small, relatively clean, hole
to a large diameter hole surrounded by delaminated plies, to a large multiple-penetratzon
zone. Delay-fuze projectiles penetrated the entrance-side skin, leaving the small hole
shown in Figure 49(a), detonated in the wingbox, and sprayed fragments over a wide area of
the exit-side skin, (Figure 49 (b)). Other projectiles, when a striker plate was posi-
tioned to simulate effects of superquick fuzes, led to the damage shown in Figure 5U.
Delaminated areas of test panels, detected in ultrasonic inspections, are identified by the
dotted lines in Figures 49 and 50.

Ultrasonic inspection records presented in Figure 51 illustrate the extent of delamina-
tion in specir.,ens incorporating the various containment features. Relative to baseline
composite speciitens, delaminatiors in stitched specimens were limited in width to the rows
of stitches adjacent to the fragment-penetration hole. Ability of stitches to contain
delaminations has been noted in other investigations. Damage in specimens incorporating
buffer strips was also limited in width by the imbedded strips; however, some additional
laminate damage was noted along the strips.

The relative behavior of carbon/epoxy and aluminum skins having the same flexural
stiffness was also evaluated. The test setup was for simulating damage to the exit-side
from a projectile with a delayed fuze. Test results are shown in Figure 52. The
plasticity of the aluminum permitted to the blast/impact energy to be absorbed by permanent
deformatica of the metal. The composite specimen remained flat; however, it exhibited
numerous penetrations and delaminations throughout the damage zone.

The residual tensile strength of damaged specimens was determined in room-temperature
static tests and correlated with analytic predictions. Specimens with buffer strips,
particularly the wider strips at spar iocations, exhibited significant improvement in
strength relative to baseline specimens. Stitching had no effect on residual strength.
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Figure 51. DelamInatlon Damage Detected In Ultrasonic Inspectlons



19-32

a) CarbonlEpoxy Specimen

b) Aluminum Specimen c ,4

Figure 52. Typical Damage of Composite Specimen Compared to
Metal Specimen

Residual strengths are tabulated in Figure 53, along with the maximum visible damage

and the maximum delamination damage detected by ultrasonics. 
Static failures were sudden

with little time after failure initiation, except for those panels witb buffer strips.

Wide buffer strips stopped cracks from propagating across the width and turned the cracks

lengthwise to propagate along the imbedded strips. Narrow, closely spaced buffer strips

generally slowed to the propagation across the width. In general, use of buffer strips

increased residual parel strength, except for specimens with a multi-penetration "shotgun

blast") type of damage (Figure 49 (b)).

Residual tensile strengths are presented in Figure 54 as strain-to-failure for

corresponding damage sizes. strain-to-failure was calculated on the basis of the applied

load at failure and gross-section properties. The range of damage presented for each

specimen covers sizes from tbe maximum visible damage to the internal damage 
detected with

ultrasonics. Specimens with buffer strips (shaded) exhibited significant improvement in

residual strength relative to strength of baseline specimens (unshaeed) having simitaL

damage.
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Two analytical procedures for predicting residual strength were evaluated, All
predicted strengths were corrected for a finite specimen width (20 in.). Linear elastic
fracture mechanics analysis tecbniques (Reference 6) were used to predict a lower bound.
Projectile damage was assumed to consist of through-the-thickness defects equal in width
to the maximum visible and maximum internal damage.

In the second approach, tbe damage was assumed to be a circular hole in an
orthotropic plate, and the methodology of Reference 7 was used to predict strain
distributions about the hole. These strains were used in conjunction with the Maximum
Strain Failure Criterion to predict far-field strain to failure as a function of damage
(hole) size. Good correlation was first obtained between predictions and test results for
a 0.25-inch-diameter fastener hole followed by extension of predictions to larger damage
sizes. The residual strength of specimens with buffer strips compare well with these
predictions.

5. CONCLUSIONS

Several conclusions were drawn from results of the programs described above.

First, it was concluded that manufacturing defects which produced the more
significant strength reductions were easily found bj current NDE techniques and would have
been rejected or repaired by current acceptance criteria. Tolerances and controls being
used in fabrication and assembLy of composite aircraft structures are adequate to assure
uniform strength and structural performance.

Second, the propagation of damage from low energy impact is dependent on type of
loading and strain levels. The strength loss of the damageu laminate can be approximated
on the basis of an "equivalent" round hole. The propagation under repeated loads is
relatively slow and can be confined by relative simple reinforcement techniques such as
stitching.

Third, the damage caused by 23mm HEI ballistic impact is more significant than LEID.
The loss of laminates strength due to balli' tic damage of a giver size is greater than
from LEID of the same apparent size. To reduce the strength , s, more significant
reinforcement techniques such as buffer strips are required; stitching is not adequate.

REFERENCES

1. S. P. Garbo and J. M. Ogonowski, "Effect of Variances and Manufacturing Tolerances on
the Design Strength and Life of Mechanically Fastened Composite Joints, "Contract
F33bl5-77-C-3140, USAF RPT AFWAL-TR-81-3041, April 1981.

2. T. V. Hinkle and R. A. Garrett, "High Strain Composite Wing for Fighter/Attack Type
Aircraft - Concept Validation", NADC-80146-bU, September 1982.

3. T. V. Hinkle and R. A. Garrett, "Examination of Postbuckled Compression Behavior of
Curved Panels", MCAIR/NASC Contract N00019-79-C-U204, MDC RPT A72bq, August 1982.

4. M. P. Renieri and R. A. Garrett, "Postbuckling Fatigue Behavior of Flat Stiffened
Graphite/Epoxy Panels Under Shear Loading" NADC Contract Nb22b9-79-C-U43, RPT
NADC-78137-60, July 82.

5. Butler, B.M., "Wing/Fuselage Critical Component Preliminary Design (Northrop)",
AFFDL-TR-78-174, March 1979.

6. Avery, J.G. and Bradley, S.J., "Design Manual for Battle Damage Tolerant Fiber
Composite Structures", NASC Contract NOuOO9-80-Z-U048. Boeing Report D18U-2b092-1,
June 1980.

7. Ogonowski, J.M., "Effect of Varianc(s and Manufacturing Tolerances on the Design
Strength and Life of Mechanically Fastened Composite Joints: Volume 3-Bolted Joint
Stress Field Model (BJSFM) Computer Program User's Manual", AFWAL-TR-Bl-3041,
Volime 3, April 1981.

\\I


